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ABSTRACT

A rocket motor is designed based on the burning rate of 10mm/sec with the burning index of 0.4, which shall be
useful to fire at sea level to perform its objective at the maximum altitude of 2 km. Thickness of the shell will be
calculated based on the maximum operating pressure of the rocket motor and its throat area, based on the mass
flow rate, chamber pressure, and characteristic velocity of propulsion. Propellant composition shall provide its
characteristic velocity. Based on the burning rate, chamber pressure shall be evaluated and also operational
range will be helpful in evaluating its maximum thrust generated at the time of its operation. A suitable material
shall be selected to withstand internal pressure of the rocket motor generated during operation.
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INTRODUCTION

A solid-fuel rocket uses solid propellants (fuelttixer). Olden days rockets were solid-fuel by ganwder and
were used by Chinese ,Indus, Mongolians and Arebia combat field in early 13th century(AD) Allakets
used some form of solid powdered called propeltdh20th century, before liquid & hybrid rocketame in
existence [1] . Solid rockets are still used todmger applications for their simplicity and relily as it can
remain in storage for long periods, and then réfiddunch on short notice, they have been freqyensied in
military applications such as missiles. The lowerfprmance of solid propellants (as compared toidis) does
not favor their use as primary propulsion in moderadium-to-large launch vehicles customarily useadrbit
commercial satellites and launch major space prdbeld rockets are used as light launch vehiabeddw Earth
orbit (LEO) payloads under 2 tons or escape pagagu to 1000 pounds. Solid propellant rockets disdie
burning rates, motor performance, grain configoraj and structural analysis. The propellant istaioed and
stored directly in the combustion chamber, sometimermetically sealed in the chamber for long-tst@rage
(5- 20 years). Motors come in many different typed sizes, varying in thrust from about 2 N to o4enillion N.

DESIGN REQUIREMENTS

A solid propellant rocket is formed by following macomponents, a case containing the solid propiebad
withstanding internal pressure when the rocketpisrating, the solid propellant charge (or grainjolu is usually
bonded to the inner wall of the case and occupédsre ignition the greater part of its volume. Whmnning, the
solid propellant is transformed into hot combustonducts. The volume occupied by the combustiadycts is
called combustion chamber. The nozzle channeldideharge of the combustion products and becauie stiape
accelerates them to supersonic velocity. The ignithich can be a pyrotechnic device or a smalketcstarts the
rocket operating when an electrical signal is ne@@i One can consider that the solid propella®r aftanufacturing
is in a metastable state. It can remain inert wdtered (in appropriate conditions) or it can suppdter ignition its
continuous transformation into hot combustion paidyself-combustion).The solid rocket is therefirgerently
simple and therefore can possess high intrinsialiity. After ignition, a solid rocket motor nomatly operates in
accordance with a preset thrust program untilhalgropellant is consumed. All the efforts showdddirected to the
accurate prediction of the thrust (and pressurejnams to get the benefit of solid rocket motorcegpt
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PERFORMANCE CHARACTERISTICS

Design of SRM involves multiple important parametey define its performance are thrust, which measure of
the total force delivered by a rocket motor forleaecond of operation, Essentially, thrust is thedpct of mass
times acceleration also of course, gravity, pressand other consideration must be taken intoioglafAfter thrust
another important parameter, specific impulgg (hich provides a comparative index to measurentiiaber of
pounds of thrust each pound of propellant will progl To compute specific impulse, the thrust isd#idi by the
mass flow, or weight of the gas flowing through thezzle throat per second. Also total impulse, Whis

abbreviated;l Computing this value is a simple matter of miyiipg the motors thrust by its period of operation
seconds. Mass fraction is also a basic parametendbor design. A high mass fraction indicates thate of the
motor mass is propellant than is involved in theegcanozzle, and other components which do not pethrust [2].
A high mass fraction can be achieved by optimizimgtor and structural design for minimum weight amdby

using more dense propellants, which then requirgllemcombustion chambers. The mass fraction magdfieed

as the ratio of the propellant

Solid Propellants

Solid propellants are mono and form single systemshich the oxidizer and fuel components are corabdiin a
single mixture with a liquid material which holdsem in suspension. And composition of it cast (pdyiinto the
case, where it is cured to a solid state [3]. Ptapespecialists divide solid propellants into teiassifications -
double-base and composite. These classificatiofer t® the physical and chemical characteristics thod

propellants, as well as to the types of materiakdun their manufacture [4]. Most composite prigms also may
use a variety of chemicals to increase or decrd@sdurning rate (to control) hot gas productiote)aprovide
better physical properties than are obtainable with basic binder, or to regulate chemical reastifor better
control during the manufacturing process.

Binders

Both natural and man-made materials have beenas&dhder-fuels for solid propellant grains, inéhgdasphalt,
and synthetic liquid prepolymers. All of the orgaprepolymers have rubbery properties followingecand form a
strong matrix (binding structure) within which timerganic fuels and chemical oxidizers are solluthyind.

The most commonly used liquid prepolymers cure upchmlike rubber.The prepolymers used as binders in
composite propellants are initially liquid, so thia¢ fuel and oxidizer can be blended in more gasibr to the start

of polymerization (cure). The polymers cure to maviersible solid form by cross linking (formatiofilong chain-

like molecules linked together).

Additives

To obtain specific properties, several special édggnts may be added to composite propellantsudived:
oxidants, antioxidants, and curing and burning catalysts.

In other instances, an increase in the burning ma&tg be desirable, and this can be obtained byngdchemical
agents known as burning rate catalysts which cansecrease in the combustion reactions.

Oxidizers

Number of inorganic chemicals is used to supply dkggen required to support the combustion of rfietahd
other fuels in solid propellants. The amount of gety provided by each oxidizer depends upon its cotde
structure, and certain performance characteristiey restrict applicability to various degrees.Im@ml, the
perchlorates: potassium, ammonium, lithium, sodiand nitronium - have more oxygen in their struettiran do
the nitrates: ammonium, potassium, and sodiumgafth availability of oxygen is not the only congatéon when
choosing the oxidizer to be used.

STEADY-STATE REGIMES

Modern SRM design is characterized by a tridimemasiggeometry, generally associating axisymmetrid star-
shaped patterns or intersegments (segmented grger®rate noticeable pressure variation which datveo
predicted by too crude computation [5]. Anothenttés to use composite (filament winding) case,erdeformable
than a metallic one; the case deformation and tha gleformation should be taken into account ia #ituation
and it is particularly important for the first peasf operation following ignition. So a naturalriceis to couple the
internal aerodynamics and the case/grain deformalbip taking into account the visco-elastic featfréhe grain.
Aerodynamics at t 8t: new aerodynamic computation, A totally couplegimputation of aerodynamics and
geometry evolution requires use of variable meshethe combustion chamber and in the grain andeigy v
expensive in terms of computation time. In the silzed approach previously mentioned, where accuigay priori,
of first order,8t can be chosen to maintain the computation time fieasonable range. It should be also mentioned
that the modern codes do not distinguish the flowes at low velocity and the flow zones at highogi#). The
whole flow from the combustion surface to the nezzkit is described and computed with the same oessjble
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equations and the same numerical methods [6]. Whig of computing avoids difficult and unsolved issuof
matching between domains (combustion chamber, epzz|

Combustion of Solid Propellants

The combustion process in rocket propulsion systemgery efficient, when compared to other poweangd,

because the combustion temperatures are very thighaccelerates the rate of chemical reactiomihglto achieve
nearly complete combustion [7]. The energy releasetthe combustion is between 95 and 99.5% of thesible
maximum. This is difficult to improve. There hashemuch interesting research on rocket combustidne have
now a better understanding of the phenomena arnldeobehavior of burning propellants. This combustoea is
still the domain of specialists. The rocket mot@sidners have been concerned not so much with uhaing

process as with controlling the combustion (stattp, heat effects) and with preventing the occuee of

combustion instability [8].

Design Specifications

Design begins with the total impulse required, Whitetermines the fuel/oxidizer mass. Grain geomatrgl
chemistry are then chosen to satisfy the requiredomcharacteristics. The following are chosen olvexd
simultaneously. The results are exact dimensionsgfain, nozzle, and case geometries: The graimshat a
predictable rate, given its surface area and chemiessure. The chamber pressure is determinethébyndzzle
orifice diameter and grain burn rate. Allowable rieer pressure is a function of casing design. €hgth of burn
time is determined by the grain web thickness [9].

The grain may or may not be bonded to the casiage@onded motors are much more difficult to desigrce the
deformation, under operating conditions, of theecaisd the grain must be compatible. Common modéslofe in

solid rocket motors include fracture of the grdailure of case bonding, and air pockets in thengrAll of these
produce an instantaneous increase in burn surf@eand a corresponding increase in exhaust gaprasdure,
which may potentially induce rupture of the casiAgother failure mode is casing seal design. Sa@sequired in
casings that have to be opened to load the graine @ seal fails, hot gas will erode the escaple aad result in
failure. This was the cause of the Space ShuttldI€@iger disaster.

METHODOLOGY

For designing solid propellant rocket motors, thismeo single, well-defined procedure or designhodt Each class
of application has some different requirements.ividdal designers and their organizations have edgffit
approaches, background experiences, sequencempsf st emphasis. The approach also varies witartieunt of
available data on design issues, propellants, graisrdware, or materials, with the degree of ngv@hany ‘new’
motors are actually modifications of proven exigtimotors), or the available proven computer progrdor
analysis. Usually the following items are part lof foreliminary design process. We start with tlggirements for
the flight vehicle and the motor. If the motorkie designed has some similarities to proven exjstiotors, their
parameters and flight experience will be helpfutéducing the design effort and enhancing the denfie in the
design. The selection of the propellant and théngranfiguration are usually made early in the jpnedary design;
is not always easy for the propellant to satisytliree key requirements, namely the performdéhfeburning rate
to suit the thrust-time curve, and strength (maximstress and strain). A well-characterized propeglla proven
grain configuration, or a well-tested piece of heace will usually be preferred and is often modifeEomewhat to
fit the new application.

Compared to a new development, the use of provepetiant, grain design, or hardware componentsdsviany
analyses and tests. An analysis of the structotagrity should be undertaken, at least in a fewheflikely places,
where stresses or strains might exceed those dmabe tolerated by the grain or the other key carapts at the
limits of loading or environmental conditions. Anadysis of the nozzle should be done, particuldriie nozzle is
complex or includes thrust vector control. Suchoazte analysis was described briefly in an eadistion of this
chapter. If gas flow analysis shows that erosiveing is likely to happen during a portion of therbing duration,
it must be decided whether it can be toleratedytogther it is excessive and a modification of theppllant, the
nozzle material, or the grain geometry needs tamnbaele. Usually a preliminary evaluation is also aifethe

resonances of the grain cavity with the aim of tifgimg possible combustion instability modes. Moprformance
analysis, heat transfer, and stress analysesticatiocations will usually be done [10].

There is considerable interdependence and feedbeivkeen the propellant formulation, grain geomdagign,
stress analysis, thermal analysis, major hardwaraponent designs, and their manufacturing procedsas
difficult to finalize one of these without considey all others, and there may be several iteratidreach. Data tests
of laboratory samples, subscale motors, and fallesmotors have a strong influence on these stygdiminary
layout drawings or CAD (computer-aided design) iem@f the motor with its key components will be mad
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sufficient detail to provide sizes and reasonaldgusate dimensions. For example, a preliminary giesif the
thermal insulation (often with a heat transfer gsa) will provide preliminary dimensions for thiasulator. The
layout is used to estimate volumes, inert massegrapellant masses, and thus the propellant nrastdn. If any
of these analyses or layouts shows a potentiall@molor a possible failure to meet the initial reguoients or
constraints, then usually a modification of theiglespossibly of the propellant, or of the graimfiguration may
need to be made. The design process needs to éatedpvith the changed motor design. If the propasanges
are too complex or not effective, then a changdénmotor requirements may be the cure to a péatiguoblem of
noncompliance with the requirements [11]. If thefpenance requirements are narrow and ambitiouglitbe

necessary to study the cumulative tolerances ofpgréormance or of various other parameters. Famgte,

practical tolerances may be assigned to the prpetiensity, nozzle throat diameter (erosion), nate scale
factor, initial burning surface area, propellantssjaor pressure exponent. These, in turn, reffenselves into
tolerances in process specifications, specific énipns, dimensional tolerances, or accuracy ofpgitant
ingredient weighing [12].

Cost is always a major factor and a portion of dlesign effort will be spent looking for lower-castaterials,
simpler manufacturing processes, fewer assembpbsst# lower-cost component designs. For examptding for
casting, mandrels for case winding, and toolingif@ulator molding can be expensive [13]. The timeeded for
completing a design can be shortened when they@od communication and a cooperative spirit betwaEigners,
propellant specialists, analysts, customer reptaSees, manufacturing people, test personnel, enders
concerned with this effort.

ANALYTICAL SOLUTION

This paper shows one method for making a preliginitermination of the design parameters of a swlaket
using a composite propellant. The rocket is lauddtealtitude from sea level:

Table -1 Design Parameters of a Solid Rocket using a Composite

Propellant Table -2 Vehicle Payload (includes structure) Composition of
Specific impulse (actual) [ =163 sec Propellant
Burning rate r =10mm/sec
Propellant density P = 2355 kg/ Fuel 5-22% Powdered Aluminum
Specific heat ratio k =¢lc,=1.25 Oxidizer 65-70% Ammonium Perchlorate (MHO,or
Chamber pressure, nominal P _97.6 MPa AP)
Desired average thrust E =4 tons Binder 8-14% Hydroxyl- Terminated Polybutadiene
Maximum vehicle diameter D =25cm (HTPB) _ _
Desired duration ty = 14.25 sec Approximately neutral burning is desired.
Pressure index n =04
Yield stress of material c =1327 MPa
Ambient pressure p 0.2MPa

Basic Design
* The total impulsé; and propellant weight at sea level
* W, is obtained from Eqd; = r¢tp = 1w, : W,=75 kg
» The propellant weight i8/,=75 kg. Allowing for a loss of 2% manufacturing toleraace
» The total propellant weight is 1.0275 = 76.5.
«  The volume required for this propellavitis given byVb = wy/p, = .0324
e The web thickness b r,= 0.05 cm.

Case Dimensions

* The outside diameter is fixed at 25cm. Heat-treatedl with an ultimate tensile strengtheof1758 is to be
used.

« The wall thickness$ = (p*D)/(2¢). t = 6.9*10° A spherical head end and a spherical segmeneatdbzle end is
consider

Grain Configuration

The grain will be cast into the case but will berthally isolated from the case with an elastom@salator with an
average thickness of 0.25 cm inside the case; ¢healathickness will be less than 0.25 cm the dyiral and
forward closure regions, but thicker in the nozetdgry area. The outside diameter D for the graidetermined
from the case thickness and liner  to be 28ri2The inside diameter Di of a simple hollow cgiin grain would
be the outside diameter Do minus twice the welktigss or 13.12 cm. For a simple cylindrical gr#im, volume
determines the effective length, which can be deimed from the equation V= (w/4)L(Do*> — D?)
where, L =114 cm
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The web fraction would b2b/Do = 0.43. ThelL/Do is (approximately) 4.9 for grains with this webdtian and this
L/Do ratio. use of an internal burning tube. A tubulanfiguration is selected, although a slotted tub&ns would

also be satisfactory. The initial or average bugrarea will be found frorr =wlg = PpAurls, Ap,

The actual grain now has to be designed into tke wdth spherical ends, so it will not be a simpjndrical grain.
The approximate volume occupied by the grain isifbby subtracting the perforation volume from ttember
volume. There is a full hemisphere at the head ardl a partial hemisphere of propellant at the moezid (0.6
volume of a full hemisphere).

Vp=0.5 {(%)DO3(1=O.6)+6:/4)DiZ(L+Di/2+O.3D/2)}

This is solved for L, with D = 25 cm. and the irsidiameteDi = 23.12. The answer is L = 144 cm. The initial
internal hollow tube burn area is about  zDi(L + Di/2 + 0.3Di/2) = 1.15 nf

Nozzle Design

The thrust coefficient ©can be found from k= 1.20 and a pressure ratll/#f2 = 488. Then CF =1.73.

The throat area? = F/pCg = 23.8cn?

The throat diameter is Dt = 5.5 cm.

The nozzle area ratio for optimum expansi8g/A ; is about 27. The exit area and diameter are therefboutA
e=595 cn? and De = 27.52. However, this is larger than theimam vehicle diameter of 25 cm, which is the
maximum for the outside of the nozzle exit. Allogifor an exit cone thickness of 0.25 cm.

This nozzle can have a thin wall in the exit cdmat, requires heavy ablative materials, probablgeweral layers
near the throat and convergent nozzle regions.

Weight Estimate
The steel case weight (assume a cylinder with piescal ends and that steel weight density idliB°) is
tnlp +(/4)tD?% = 241 kg
With attachments, flanges, igniter, and pressysebtasses, this is increased to 253. The nozzlehivedgcomposed
of the weights of the individual parts, estimatedtheir densities and geometries.

Performance

The total impulse-to-weight ratio is 1.02 Companisath Is shows this to be an acceptable value, indicatiggaal
performance. The total launch weight is 253 kg, #redweight at burnout or thrust termination is GHe initial and
final thrust-to-weight ratios and accelerations dfav= 7.9 and F/w= 31.25

RESULTSAND DISCUSSION

Among different composition of propellant 70/30 aixier fuel mixture is selected for best mass flaterupon
change in density of wide range of composition

» Composition of propellant is selected as (AP+AL+HB)P

* Nozzle is designed based on maximum expansion a#QA =27

» Conical nozzle design data is consider for simpleentry

» Casing material is selected based on internal presd chamber

* Insulator is selected based on heat transfer

* Theoretical design is suggested and geometric nisdetated on design data

CONCLUSIONS

Theoretical analysis of a small solid propellartket motor is conducted to know the propellant genfince over a
wide range of oxidizer / fuel ratio density Sigao#nt improvement of the motor performance dodsappear
likely to be achieved by variation of nozzle desigResult demonstrate the importance of considegiifigct of

propellant density on mass flow rate of solid ptiawe rocket motor . The best oxidizer / fuel ratvas found to be
70/30. The conical nozzle emerged as a highlyfaatmry design when the simplicity of fabricatiandonsidered.
Marginal increase in nozzle efficiency might beadbéd by reducing the convergence or divergenckeang
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